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SECTION LIFT AND DRAG AT SUPERCRITICAL SPEEDS

By Gerald E. Nitzberg and Stewart M. Crandall -’
SUMMARY

A study was made of the 1ift and drag characteristics, as deter-
mined from wind-tunnel tests, of a number of airfoll sections at
supercritical Mach numbers. ’

Semiempirical correlations of supercritical drag data were made
for a family of symmetrical airfoils and for several series of cambered
airfoils at small and moderate angles of attack. The correlations are
of pressure-drag rise per unit chord length as a function of Mach mumber.
For the airfoils considered, there i1s an essentially unique shape of the
" drag-rise curve when the angle of attack is that for maximm drag-
divergence Mach number. The primary effect of changing the airfoil
shape apparently is to change the Mach number at which the drag rise
begins, No means have been devised for applying these results to the
prediction of supercritical drag characteristics.

The 1ift study comsisted primarily of an examination of the sepa-
. rate normal-force components of the upper and lower surfaces of several
alrfoll sections. One of the most significant observations to be made
concerning the 1ift data studied is that, at moderate positive angles
of attack and in the range of Mach numbers for which supersonic flow
occurred over only the upper surface, there appeared a marked change in

the rate of variation with (1 - M2y4/2 of the component of the normal-
Porce coefficient contributed by the lower surface as the drag-divergence
Mach number was exceeded. This change was most abrupt for thicker
sections and is the primary cause of the loss of 1ift at supercritical
speeds.

TINTRODUCTIOR

Theoretical treatment of the flow of a compressible fluild about an
airfoll section at supercritical, subsonic speeds in a rigorous manner
has met with great difficulty. Furthermore, the importance of shock-
wave boundary-layer Iinteraction in transonic flows might invalidate any
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theory which assumes the existence of inviscid flow. Consequently,
experiment has been the principal source of information concerning the
behavior of airfoll sections at supercritical, subsonlc Mach numbers.
Section force coefficients for a large number of airfoill sections have
been measured at supercritical Mach numbers. These data indicate that
between airfoll sections there are lmportant dlfferences in the varia-
tion with Mach number, at constant angle of attack, of 1ift and drag
coefficients. For a glven alrfoll section differences exist between
the variation of force characterigtics with Mach number at various
angles of attack. One purpose of this report is to point out some
systematic trends in the 1ift- and drag-coefficient variation with Mach
number for a number of families of eirfoll sectlons at supercritical
free-stream Mach numbers.

The flow changes associated with the drag rise of alrfoil sections
at supercritical, subsonic speeds were studled in reference 1. It was
found that the initial supercritical drag rise was primarily an increase
in pressure drag due to the variation with Mach number of the airfoil
pressure distribution over the region surrounding the sonlc point. A
means for comparing the transonic potential flow fields ebout thin
wings having similar shapes but different thickness-~chord ratios has
been presented in the form of similarity rules (e.g., references 2
and 3). In this report one form of these similarity rules ig applied
to the sectlon drag data measured for a family of airfoils at super-
critical, subsonic Mach mumber.. The shortcomings of these rules are
discussed and a semiempirical correlation of drag data is presented.

In reference 1, it was suggested that the 1lift break for airfoil
sectlons at supercritical, subsonic speeds and at positive angles of
attack may be due primarily to pressure-distribution changes on the
lower surface. The loss in 1ift is not produced by the pressure altera-
tions in the portion of the flow field (upper surface) in which super-
sonic veloclties exist. The initial loss in 1ift results from lower-
surface pressure-distribution changes which were tentatively attributed
to effects of the large wake accompanying the supercritical drag rise.
If this hypothesis is correct then, Iinasmuch as such wake effects are
not included in the potential theory on which the transonic similarity
rules are based, these rules would not be expected to be useful as &
gulde for directly correlating supercritical 1i1ft characteristics. The
1lift study in this report consists primarily of an exsmination of the
separate 1ift components of the upper and lower surfaces of several
airfoil sections.
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chord of girfoil section
alrfoil-section drag coefficilent

airfoil-section drag coefficient at critical Mach number
alrfoil-section pressure-drag coefficient

increment of airfoil-section drag coefficient (cg - cdcr)

airfoil-section 1ift coefficient

.airfoil-section normal ~force coefficient

normal -force coefficilent of-airfoil-séction lower surface

normal -force coefficilent of airfoil-section upper surface
transonic. similarity parameter
transonic similarity parameter for critical Mach number

Pree -gtream Mach number

eritical Mach number

drag-divergence Mach number, free-streem Mach number at which

dc’d
—— has value of 0.1
aM

_ correlation Mach number

Mach number at which sonlc velocity 1s reached at airfoil
crest (point on surface at which tangent to surface iz in

free-~stream direction)

total pressure

free-stream dynamic pressure
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t maximm thickness of airfoll section

x chordwise distance fromr airfoil leading edge
v ordinate of airfoil

O airfoil-section angle of attack

Uy angle of attack at which alrfoil section has the highest drag-
divergence Mach number

DATA AND SCOPE’

The data used in this study were obtained from references k4, 5,
6, T, and 8. The airfoil sections considered are both cambered and
u.ncambered and are of the .NACA four-digit series, five-digit series,
and 6 series. No data on airfoil sections with deflected flaps, airfoll
sections having reflexed camber lines, or airfoll sections d.esigned. for
supersonlic application are studied. The thickness-chord ratio of the
airfoil sections considered ranges from 0.06 to 0.18.

The data presented in references 5 and 8 are from two-dimensional
tests made in the Ames 1- by 3—1/2-foot high-speed wind tunnel and have
been corrected for the effects of the tunnel walls by the methods pre-
sented in reference 9. For the Mach numbers to be considered, the
Reynolds number of these tests was about 2 million. The data of refer-
ences I, 6, and T were obtained from tests of finlte-gpan models in
the IVL (2.7 meter diameter) high-speed wind tunnel. However, these
models were equipped with end plates and the angles of attack were
corrected to correspond to infinite span. Corrections were also applied
to convert the experimental values to free-air conditions. The Reynolds
number for these tests was about 6 million for the Mach numbers studied
in this report.

The question arises as to the accuracy of the tunnel correctilons
which were applied to these wind-tunnel measurements made at high
speeds, especially when there was high drag, flow separation, and a
large wake. At Mach numbers lower than those at which the abrupt
supercritical drag rise began (drag divergence), only the solid blockage
of the models was important and the small size of the models relative
to the wind-tunnel cross-section areas insured that the tumnel-wall
corrections were small and predictable from theory. However, at higher
Mach numbers, with the rapld increase in drag coefficlent, the correc-
tlon for the effects of the model weke became large. The effects of
compressibility on the wake-blockage correctlon were determined by
means of the Prandtl rule which may not be applicable. In fact, an
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experimental study by Feldmen (reference 10) shows that when there is

8 relatively large drag coeffilicient due to pressure drag the conven-
tional tunnel-wall corrections are too smsll.! The.Mach numbers shown
In the figures of the present report may be in error by several percent
which imposes a limitation on the usefulness of these data for quantita-
tlve analyses.

ATRFOTL~SECTTION DRAG RISE AT SUPERCRITICAL SPEEDS

Transonic Similarity Rule

The transonic simllarity rules (e.g., references 2 and 3) relate
the transonic potential flow fields about thin bodies haying similar
aerodynamic shapes but different thickness-chord ratios. The condition
necessary for a series of bodies to have similar serodynamic shapes is

/e - eixle
ys f(x/)\ (1)

The flows about two bodies having shapes such that equation (1) is
satlsfied are similar (i.e., represented by the same nondimensional
potential ~flow equation) vwhen, according to reference 3, the condition

w2-1 | | M-1

(24/c)*/° | |2p/c)?/
1 2

‘=X (2)
is met. Moreover, the pressure~drag coefficients of the two bodies
(for the same value of K) are then related by

2/3 2/3
M Cd:P M cdp

(t/c)3/® (t/c)®/°
1 2

lThe theoretical blockage corrections applied by Feldman are based on
the work of Thom (reference 11). Later analysis has led to some
revisions of these theoretical corrections. However, these revislons
do not affect significantly the results presented by Feldman.
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For a family of simllarly shaped bodies the pressure-drag coefflcient
1s thus given by the relation

M3/%cq

’(;7;)*5%3 = F(X) (3)

The basic assumptions made In the derivation of the transonic
similarity rules are that the flow is inviscid and that the velocity
at each point in the fluid is not far different from the local veloclty
of sound. The flows to be considered in this report (around airfoils
at supercritical, subsonic speeds) are not entirely in accord with
these assumptions. The flow about airfoll sections at supercritical
speeds 1s influenced by the presence of shock-wave boundary-layer
interaction. But the applicability of the similarity rule is more
drastically curtailed by the fact that the drag rise of airfoils of
moderate thickness-chord ratio or of thin airfoils at moderate angles
of attack starts at free-stream Mach numbers substantislly lese than
unity. Moreover, airfoil sectlons deslgned for subsonlc speed applica-
tlons have large disturbances-at the blunt leading edges which produce
stagnation points. On the other hand, the flow field is approximately
potential for the Initial portion of the supercritical drag-rise curve
for which the viscous losses are generally small and essentially inde-
pendent of Mach number. The initial supercritical drag rise is
primarily an increase of pressure drag due to the change of pressure
distribution in the region where the flow velocity is approximately
sonic; therefore, it cannot be concluded a priori that the presence
of a stagpnation reglion and of shock-wave boundary+layer interaction
obviates the usefulness of the similarity rules. ‘

One form of the transonic similarity rules will now be tested by
means of some experimental drag data for & family of symmetrical airfoll
sections at zero angle of attack.

Correlation of Experimental Drag Data by Similarlity Rules

In general, airfoil-section drag coefficients are determined from
wake~survey or balance measurements and, consequently, include both
skin friction and pressure drag. Since the transonic similarity rules
apply to the pressure drag only, it is necessary to subtract the skin-
friction drag from the measured drag. The drag of commonly used
alrfoil sections at small angles of attack and at suberitical Mach
numbers is essentially independent of Mach number and due almost
entirely to skin friction. At supercritical speeds, the skin-friction
drag may be somewhat lower than at subcritical Mach mumbers because
of the increased chordwlse extent of the favorable pressure gradient
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over the forward portion of the airfoil and the increased stability of
the laminar boundary layer (reference 12), which may cause the transi-
tion poilnt to move rearward. However, because of the difficulty in
estimating the value (probably small) of the decrease in skin-friction
coefficient, it 1s assumed in the following correlation that the skin-
friction drag coefficient at all supercritical Mach pumbers is equal

to the experimentally determined total airfoil-section drag coefficient
at the critical Mach number. The remaining portion of the drag coeffi-
clent at supercritical Mach numbers is considered to be the pressure-~
drag coefficient, that is,

ch BAcqg = ¢4 - Cdpp
High-speed drag date for symmetrical NACA four-digit~-series alrfoil

sections of 6-, 9-, 12-, 15-, and 18-percent-chord thickness, each
at 0° angle of attack, are presented in reference 4. Values of the

M2/3Ac
parameter '_77_553' calculated using the experimentel data of refer-
(t/e)
ence 4 are plotted (fig. 1) against the parameter ——Ei-:QL—— as
\ 2/3
(M3t/c)

suggested by one form of the transonic similarity rule. (See equa-
tion (3).) This method of plotting the date provides good correlation
except for the 6-percent-thick section, and the maximum difference
between the curve for this section and that for the 9-percent-thick
section corresponds to a possible error in-Mach number of only about

2 percent at g pressure drag coefficient of about 0.02.

The excellence of this correlation must be regarded as somewhat
fortuitous becauge the form of the similarity parameter used happens
to correlate the critical Mach numbers of this family of girfoll sec-
tions. This form of the parameter does not correlate the critical
Mach numbers of ellipses or low-drag airfoils. From theoretical con-~
siderations it can be argued that there are two "natural” forms of the
similarity parameter, that presented in equation (2) with the M~4/3
factor either included or deleted. These two forms arise because M2
either can be retained or set equal to 1 in the differential equation
for transonic flow, the basic parameter being (M® -~ 1). For the data

. Presented in figure 1, retaining the factor"M‘4/B is essential to the
correlation of critical Mach number; the other natural form of the
similarity parameter does not provide good correlation of this super-
critical drag data. In general, neilther natural form of the similarity
parameter provides good correlation of the critical Mach numbers of
families of airfoils. Although -the critical Mach number is not the
Mach number at which force breaks occur, it is the lower limit of the
treéhsonic range. The degree of correlation of critical Mach number
is a measure of the accuracy of the similarity rule for a given family
of airfoils at Mach numbers substantially below 1.
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In reference 8 the supercritical drag data for 16 cambered airfoils
at zero angle of attack were correlated both empirically and according
to & modified form of the transonic similarity rules. The alrfoils
considered had different thickness-chord ratios but all had the same
camber line and hence were not similar. In an attempt to adjust for
the dissimilarity in shape, the variable K was replaced by K - K.p.
Such a substltution would be consistent with the transonic theory if
K.pr were constant; however, as was pointed out In the preceding para-
graph, K., actually may not be constant for similar airfolls. This
modification of the similarity parameter, which led to satisfactory
correlation of the data considered, was somewhat arbitrary because the
parameter Kqp (not constant for these airfoils) was adjusted to the
actual critical Mach numbers. This application of the similarity rules
indicates that forms of the similarity parameters which provide an
accurate correlation of critical Mach number, even if these forms are
synthetic, are useful for correlating the supercritical drag character-
istics of airfoil sections.

The critical Mach number can be calculated with reasonable accuracy
by means of potential theory plus the Khrmin-Tsien compressibility
correction. Thus it is-possible to calculate critical Mach numbers and
then select particular forms of the similarity parsmeter which are.
useful for a glven family of airfoils. In deriving transonic similarity
rules the assumption is made that velocity perturbations are small,
which means that the Mach numbers throughout the flow field differ only
slightly from unity. Hence factors such as M or M2 are, to the
accuracy of the theory, equal to 1 and can be inserted or deleted at
will. It is thus apparent that there are an unlimited number of forms
of the similarity parameters from which to choose one which correlates
critical Mach numbers of a given family of airfoils.

Semiempirical Correlation of Experimental Drag Data

An alternative method for correlating drag data 1s suggested by
the analysis of reference 1. In reference 1 the initial supercritical
drag rise of an airfoil was related to two pressure-distribution
changes:

1. At points ahead of the airfoil crest (the point on the airfoil
at which the surface is tangent to the free-stream direction) for free-
stream Mach numbers greater than the drag-divergence Mach number, the
local Mach number was essentially constant for Increasing free-stream
Mach number. These constant local Mach numbers result in increasingly
positive local pressure coefficients on the forward portion of the
airfoil, and consequently an increase in drag coefficlent, as the free-
stream Mach number is increased beyond that for drag divergence.



2F

NACA TN 2825 9

2. The supersonic region behind the airfoll crest Increases in
chordwise extent as the free-stream Mach number 1s Increased beyond
that for drag divergence. This results in a decrease in pressure coef-
ficlent over the rear portion of the airfoil and hence an increase in
drsg coefficient.

Both these factors depend on the Mach number distribution over the
airfoil section. This suggests relating the drag rise to the total
pressure of the free stream rather than the dynemic pressure, that is,
Aleg a/po) = (cq q/bo)M - (eg q/po)Mc . Accordingly, the data presented

r
in figure 1 were plotted on curves of A(cd q/p ) versus M. It was
observed that the curves for the several airfoiis were similar., In
order to illustrate the similarity, the curves were superposed by
arbltrarily shifting the Mach number scale so that the increment in
Mach number is measured from that Mach number My at which A(cg q/po)
equals 0.008 (fig. 2). Aside from the somewhat more rapid initial
drag rise of the thickest airfoil section (possibly due to separation
effects) the similarity is marked. The curves were matched at a point
corresponding to a relatlvely large drag rise in order to minimize
errors introduced by the assumption that gbove the critical Mach number
the skin-friction coefficient is independent of Mach number.

For the WACA 0015 alrfoll section, another set of measurements
(reference 5) is also plotted on figures 1 and 2, These data were
obtalned at a Reynolds number of about 2 million as compared with a
Reynolds number of about 6 million for the data from reference 4. The
differences In these two sets of data are probably primarily due to
Mach number exrors-(see section Data and Scope) rather than Reynolds
number effects, The method of correlation used in figure 2 absorbs
Mach number errors in the quantity M.

Data for other series of symmetrical airfoil sections of similar
shape but different thickness-chord ratios were not available. 1In
reference 8.are presented drag data for NACA 63-2%X, 64-2¥X, 65-2XX,
and 66-2XX airfoil sections at various angles of attack. For each
group there are date for four thickness-chord ratios (0.06, 0.08, 0.10,
and 0.12). Each of the airfoil sections of the above groups was
cambered with an a = 1.0 type mean line for a design 1ift coefficient
of 0.2. At 0° angle of attack the theoretical values for velocities
over the upper surface of an airfoil with an & = 1.0 type mean line
are uniformly greater than the velocities over the lower surface. It
is therefore apparent that at this angle of attack the supercritical
drag rise due to flow over the upper surface will begin at a lower Mach
number than the drag rise caused by the flow over the lower surface.
The angle of attack for which the drag rise due to the flow over each
surface begins at the same Mach number (a = 0° for symmetrical airfoils)
1s obviously that angle of attack a for which the initial drag rise
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starts at the highest Mach number. For the afore-mentioned NACA 64-
65-, and 66-series airfoil sections this angle of attack is about 2b,
(The data for the NACA 63 series indicate a value of ap closer to O°
than to -2° so for the sake of simplicity these sections will not be
included in the correlations.) It might be expected that the dats for
these airfoils at -2° angle of attack would be comparable to those for
the symmetrical NACA OOXX series at 0° angle of attack. The results
of the analysis are presented in figure 3. TNo significant difference
between the three airfoil groups is apparent. Furthermore, the faired
curve drawn through these datae is the same as that drawn through the
data presented in figure 2.

Some additional data (reference 6) for cambered airfoils at the
angle of attack (fortuitously ap = -2° again) for maximum drag-
divergence Mach number are presented in figure 4. Each section had an
NACA 230 mean line and the same thickness distribution as an WACA
four-digit-series airfoil of equal thickness-chord ratio. For these
cambered airfoils at the angle of incidence ap the pressure distribu-
tion on the upper and lower surfaces differed markedly from each other;
nevertheless, these data are in reasonable agreement with the faired
curve obtained for the uncambered NACA four-digit-series airfolls at
0° angle of attack.

In reference 1, it was shown that the Mach number at which the
abrupt supercritical drag rise begins is associated with that Mach
number M, for which sonic velocity is reached at the airfoil crest.
Values of MB calculated by applying the Prandtl~Glauert rule to the
theoretical pressure distributions obtained fromreference 13 are com-
pared with values of My in the following table. If a systematic
variation of My - MB with airfoil shape or thickness-chord ratio
could be established it would be possible to predict the supercritical
drag rise of other related airfoils. The tabulated values suggest that
this Mach number increment varies with thickness-chord ratio and eirfoll
family. However, since this variation is of the same magnitude as the
experimental uncertainty in the determination of the correlation Mach
number in these tests, i1t is not possible to use these data in devising
& basis for predicting M.

NACA ey M
airfoil section (deg) Mie calcufﬁted Mc = MB  geference Figure
0006 0 0.888 0.845 0.043 y 2
0009 " .863 .798 .065 l
0012 .820 .T765 .055
0015 - .805  .The .063
0015 795 .Tho .053 5
0018 LTTh .T02 072 s
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NACA Om MB - M .
alrfoil section (deg) M calculated M B Reference Figure
6l1 206 -2 0.885  0.790 0.095 8 3

647 -208 861 .T70 .091
647 ~210 8 .750 .091
6l -212 .830 .730 .100
651 -208 867 . 769 .098
651 210 .853 755 7 .098
654 -212 .828 <730 .098
667 206 .888 812 .076
661 -208 867 .785 .082
667 -210 .855 .768 .087 \4 Vv
23009 .868 .T96 072 4
23012 .839 .57 .082
23015 v .80k 727 077 v

The supercritical drag rise of an alrfoil section at any angle of
attack differing significantly from .op might be expected to be less
rapld than that at oy since the supersonic regions on the upper and
lower surfaces do not develop simultaneously. Data for the previously
considered groups of airfoil sectlons at angles of attack greater tham
am are presented in figures 5, 6, 7, and 8. In each figure the data
for the various thickness-chord ratios appear to deflne a single curve
For all moderate angles of attack the curves for the NACA 00XX alrfoll
sections are similar to those for the NACA 230 series. In order to
illustrate this similarity the same curve (differing slightly from the
curve in fig. 5) has been plotted in figures 6 and 8. The data for
the NACA 6-series airfoils for the two moderate angles of attack define
one curve which differs from that for the NACA OOXX and NACA 230-series
alrfoll sections.

Values of My chosen on the basis of the experimental data are
presented in the following table:

NACA % Mg
airfoil section (deg) Mc  calculateda & T MR Reference Figure
0006 2  0.860 0. 763 0.097 ' 6
0009 A .853 733 120
0012 .80k .706 .098 l
0015 8ok .685 .119
0015 ST .685 .092 5
0018 773 .660 113 N
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NACA do M
alrfoll section (deg) Y calcu]?ated Yc = M8 Reference Figure
0009 Y 0.769 0.665 0.104 4 6
0012 L5k .648 .106 l
0015 : .T67 .632 135
0015 -T127 .632 095 5
0018 STk .616 .128 4
23009 0 .836 The .09L 6 8
23012 J, 811 .T15 ~ .096
23015 .T183 .T00 .083
23009 2 ) 677 .098
23012 ‘L 762 .655 .107
23015 .T37 .650 .087
23009 L .718 615 .103
23012 .T703 .598 .105
23015 y 676 .585 .091
23009 6 Lbh2 .560 .082
23012 L6l .560 084
23015 \: 615 .540 075 v v
6l 206 0 .885 .T9k .091 8 5
64, -208 .859 770 .089
644 -210 .832 .51 .081
6"" ’21.2 .81’-" 0727 -087
651-208 859 .769 .0%0
651-210 ) .835 .T52 .083
21 .813 .T32 .081
-206 .895 .808 .087
66 -208 869 T .T786 .083
| 661-210 v .85k . 766 .087 v
6k -206 2 817 .750 067 T
6l -208 .803 .736 067
6l -210 .T79 .75 .06k
-212 762 .698 .06
657 206 829 .55 LOTh
65, -208 .812 .735 07T
651 -210 .789 .725 .06
6 "2].2 .789 0710 0079
667 -206 A .88M .TT6 .068
667 -208 .826 L1955 .0TL
663 -210 .807 .7135 .072

667 -212 v .800 .720 .080 v ¥
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NACA o Mg :
airfoil section (deg) M calculated Mg -~ Mp Reference Figure

647 -208 . L 0.746 0.690 .0.05%6 . 8 T
64y -210 , .25 .680 T .045

6l -212 <TAT 670 Ok

654 ~208 . T60 .695 .065

651 -210 JTHT - .690 057

621-212 .T736 .670 .066

661 -210 .64 .T700 .064 ' '

661 -212 / .753 .688 065 v v

In this table, as in the preceding one, possible systematic trends

in Mg - Mg are masked by the experimental uncertainty in the deter-

mination of the wind-tunnel Mach number at Mg. In particular, note

that the difference in My -~ MB Tfor the NACA 0015 alrfoll as deter-

mined in two wind tunnels is as great as the variation in M, - M

izinthe NACA O0XX-geries airfoils as determined in one of these d
els.

ANATYSIS OF EXPERIMENTAL LIFT DATA

In figure 9, the variation with Mach number of the normal -force
coefficient for the family of symmetrical alrfoils of reference T at
an angle of attack of 4° is presented. The Mach number scale used in
figure 9 is such that a linear variation would mean that cp 18 pro-

portionsl to (1-M®)-1/2, These airfoils at this angle of attack are
of particular interest because of the unusual coincildence that the
drag-divergence Mach number of each is about the same. The curves
of cg versus M are also nearly identical. However, there is con-
siderable difference in the variation of 1lift coefficient with Mach
number. ILarger losses in 1ift occur at supercritical speeds for the
thicker sections. .

It might be expected that the initial supercritical loss in 1ift
(shock stall) is a direct result of the pressure changes brought about
by the development of a local supersonic region on the upper surface
of the airfoil. However, in reference 1, it is indicated that the loss
in 11ft is due primarily to changes in the pressure distribution over
the lower surface.

In figure 10, & breekdown of the normal-force coefficient for the
airfoil sections of figure 9 into the normal-force coefficlents of the
upper and lower surfaces is presented. These values of single~surface
normal -force coefficients were determined from integrations of the
pressure distributions of reference T.
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A nuniber of trends are apparent from the data for the normal-force
coefficlents for the individual surfaces. The development of a super-
sonic rdgion on the upper surface of the airfoill sections produces
little change in the manner in which the upper-surface normal-force
coefficient varies with Mach number until a Mach number well beyond
that for drag divergence is attained. From the curves for the lower
surfaces in figure 10, it may be seen that at about the drag-divergence
Mach number there is a change in the slope of the lower-surface normal-

force -coefficient variation with (leMa)'l/z. The slope of the curves,
after Mg has been exceeded, varies considerably with thickness-chord
ratio.

The varlation with Mach number of the upper- and lower-surface
normal -force coefficlents for three NACA airfoil sectlions at seversal
angles of attack is presented in figure 11. The alrfoil sections are:
the NACA 0015, a symmetrical conventional airfoil; the NACA 23015, a
Torward-cambered conventional airfoil; and the NACA 65,-215, a = 0.5,
a cambered low-drag airfoil. 1In discussing these data, obtained from
reference 5, it is convenient to divide the curves into three groups:
(1) Curves for which oy ®¥ap, in which cases supersonic regions
develop almost simultaneously on both airfoil surfaces; (2) curves
for the upper surface with ag<ay or Por the lower surface with
ag >ap, on which surfaces, herein termed "subsonlc,” the velocities
remain subsonic for a considerable Mach number increment after super-
sonic regions develop on the opposite surface; and (3) curves for the
upper surface with dap>ay or for the lower surface with og<ap, on
which surfaces, herein termed "supersonic," an extensive supersonic
reglon develops before supersonic velocities are reached on the opposite
(subsonic) surface of the airfoil,

For the subsonic surfaces, the variation of normal-force coeffi-
clent with Mach number changed markedly in the vicinity of the drag-
divergence Mach number. The rate of change of the gbsolute value
of cpn with (1-M®)~1/2 at Mach numbers greater than those for drag
divergence was approximately the same for all three airfoils. For the
examples treated in this report, this variation of normal-force coef-
ficient was brought &bout by an almost uniform change of pressure coef-
ficient over the subsonic surface. It is possible that these subsonic-
surface pressure changes were caused by velocity increments induced by
the large wake which is the concomitant of the rapid drag rise.

For angles of attack differing from ay by 2° or more, the
normal -force coefficlents for the supersonic surface varied approxli-
mately in accordance with the Prandtl-Glauert rule for Mach numbers
up to those for drag divergence. At Mach numbers greater than those
for drag divergence there was considerable change, with both airfoll
section and angle of attack, in the character of the variation with Mach
number of the normal-force-coefficient component for the supersonic
surface.
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An examination of these date indicates that there are fundamental

differences between the variation with (1-M2)"1/2 of the 1ift contribu-
tions of the subsonic and supersonic surfaces of moderately thick ajr-
Toils at supercritical Mach numbers. To a first approximation, the 1ift
contribution of the subsoniec surface appears to be primerily a function
of thickness-chord ratio; whereas the contribution of the supersonic
surface depends on airfoil shape and angle of attack. Thus, in a theo-
retical analysis of the supercritical 1lift characteristics of moderately
thick airfoils it might be advantageous to treat the subsonic and super-
sonic surfaces separately. For the five NACA O00XX airfoil sections, at
equal angle of attack and with essentially identical veriations of drag
coefficient with Mach number, the magnitude of the adverse effect of the
1ift variation on the subsonic surface decreases with decreasing thickness-
chord ratio. Hence, for sufficiently thin sections the influence of the
airfoil subsonic surface on supercritical 1ift characteristics may become
of only secondary importance so that transonic similarity rules could be
expected to apply.

CONCLUDING REMARKS

By the use of a form of the transonic similerity parameter which
correlated the critical Mach numbers of NACA OOXX airfoil sections at
Zero angle, it was possible to correlate the supercritical drag data
for this family to within the experimental accuracy. The excellence
of this correletion of the drag data was attributed to the fact that
the critical Mach numbers were correlated; however, for an arbitrary
family of airfoils, this would not generally be the case unless synthetic
forms of the similarity parasmeters were used. The other type of correla-
tion examined in this report is, in essence, drag (rather than drag coef-
ficient) rise as a function of supercritical Mach number increment. The
major experimental uncertainty in such data obtained in a wind tunnel is
in the Mach number increment introduced by the presence of the wake which,
Tor a fixed ratio of airfoil chord to wind-tunnel depth, is dependent on
drag. (See reference 9.) Thus insofar as the present correlation cam-
bares equal values of drag, it may circumvent a major source of error in
these wind~tunnel data. For the airfoils considered, there is an essen-
. tially unique shape of the drag-rise curve when the angle of attack is
that for meximum drag-divergence Mach number. The primary effect of
changing the airfoll shape apparently is to change the Mach number at
which the drag rise begins.

The portion of the study devoted to lift-cqefficient variation with
Mach number was limited to a consideration of several airfoill sections
for which high-speed pressure distributions were availeble. One of the
most significant observations to be made regarding these dete is that, at
moderate angles of attack and in the range of Mach numbers for which
gupersonic flow occurred over only one surface of the airfoll, there
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appeared a marked change in the rate of variation with (l-M?)-l/z of
normal-force coefficient of the opposite surface soon after the drag-
divergence Mach number was exceeded. This change was most abrupt for
the thicker airfoll sections studied and was the primary cause of loss
in 1ift at supercritical speeds. Insofar as this trend is related to
pressure changes induced by the waeke, application to airfoil 1ift char-
acteristics of a transonic theory which neglects viscosity would be
expected to be successful only for relatively thin airfoll sections.

Ames Aeronautical Laboratory
National Advisory Committee for Aeronsutics
Moffett Field, Calif., April 10, 1952

REFERENCES

1. Nitzberg, Gerald E., and Crandall, Stewart: A Study of Flow
Changes Associated with Airfoil Section Drag Rise at Super-
critical Speeds. NACA TN 1813, 1949,

2. von KArmdn, Theodore: The Similarity Law of Transonic Flow.
Jour. Math. and Physies, vol. 26, no. 3, Oct. 1947, pp. 182-190.

3. Busemann, Adolf: Application of Transonic Similarity. NACA TN 2687,
1952.

., Gothert, B.: Profilmessungen im DVL Hochgeschwindigkeits-windkanol
(2.7 M) Zentrale fur Wissenschaftliches Berichtswesen der Luft-
fahrtforschung, (Berlin-Adlershof) FB 1490. (Available as Nat.
Res. Iab. Tech. Trans. TT-31l, Ottawa, Canada, Sept. 6, 1947.)

5. Graham, Donald J., Nitzberg, Gerald E., and Olson, Robert N.:
A Systematic Investigation of Pressure Distributions at High
Speeds Over Five Representative NACA Low-Drag and Conventional
Airfoil Sections. NACA Rep. 832, 1945. (Formerly NACA RM ATBOL
and MR ASK20a)

6. Gothert, B.: Hochgeschwindigkeitsmessungen an Frofilen der Reihe
NACA 230 mit verschiedenen Dickenverhaltnissen, Zentrale fir
Wissenschaftliches Berichtswesen der Luftfahrtforschung,

UM 1259/1—3. (Berlin-Adlershof), 194k, (Available as British
trans., Ministry of Aircraft Production. Volkenrode. Repts. and
Trans. 40%a, 409b, and 409c. High-Speed Measurements on Sectlons
of Series NACA 230 with Different Thickness Ratios. May, 1946.)



IF NACA TN 2825

T.

10.

13.

Gothert, B.: Druckverteilungs - und Impulsverlustschaubilder fir
das Profil NACA OOXX -1.10 bel hohen Unterschallgeschwindigkeiten,

Zentrale fir Wissenschaftliches Berichtswesen der Luftfahrt-

forschimg, FB Nr. 1505/1-5. (Berlin-Adlershof), 1941, (Available
as Canadian trans., Nat, Res. Iabs., Div. of Mech:. Eng., Tech.
Trans. TT-25, TT-26, TT-27, TT-28, and TT-29. Pressure Distribu-
tion and Momentum Loss Diagrams for the NACA Profile O 00 XX -

1.1 30 at High Subsonic Speed. May 9, 1947.)

Van Dyke, Milton D.: High-Speed Subsonic Characteristics of 16
NACA 6-Series Airfoils, NACA .TN 2670, 1951.

Allen, H. Julian, and Vincenti, Walter G.: Wall Interference in

a Two-Dimensional -Flow Wind Tunnel, with Consideration of the
Effect of Compressibility. NACA Rep. 782, 194k. (Formerly
NACA ARR Lg03)

Feldman, F.: Untersuchung von Symmetrischen Tragflugelprofilen
bel hohen Unterschallgeschwindigkeiten in einem Geschlossenen
Windkanal. Mitteilungen aus dem Institut fiir Aerodynamik,
Heft Nr. 1k, Zurich 1948,

Thom, A.: Blockage Corrections in a Closed High-Speed Tu.nnel.'
R&M No. 2033 British, A.R.C., 1943.

Allen, H. Jullan, and Nitzberg, Gerald E.: The Effect of
Compressibllity on the Growth of the Laminar Boundary ILayer
on Low-Drag Wings and Bodies. NACA TN 1255, 19k7.

Abbott, Ira H., von Doenhoff, Albert E., and Stivers, Louis S., Jr.:

Summary of Airfoil Data. NACA Rep. 82k, 1945. (Formerly
NACA ACR L5C05)




18

NACA TN 2825



NACA TR 2825 ’ 19

NACA

e
airfoil section Referenc

i /
AN
8

1.2

0006
0009
00/2

0015

\
Ny

2
M3 Acd

e YA
e o [T
.4 b

g4

vda >DOOO
AGANAD
\

AN

S NACA
c-)-3.0 -26 -2.2 -1.8 -1.4

M2

2
113
(u7)
Figure [— Correlation of pressure —drag coefficient in terms

of lransonic-similarity —rule parameters for several
NACA 00XxX airfoil sections. Angle of attack, O°.




20 NACA TN 2825

.0/6 . [

.0l4
b
|
NACA  Refarence
airfoil section l’
‘ ° 0006 4
o 0009 4
010 ° 0o/e 4
a 00/5 4
v 00/5 ]
>
Aleya/n)-008 0018 e

.006 j

.004

.002

/

, N -

=/2 -08 04 0 .04
M-M;

Figure 2.— Correlation of pressure-drag coefficient for
several NACA 4-digit series airfoil sections. Angle
of attack, O°.




NACA TN 2825

Alcgq/p,)

Figure 3.- Correlation of preséure-drag coefficient for
several NACA 6-series airfoil sections. Angle of
otlack, -2°,

.0l6
J .
014 ﬁ
" |
v
012
NACA J
airfoil section

o 64-206 > / 5

a 64-208 N
010 0 64-2/0 ]

o 64-212

v 65208

> ~210

(]

.008 a  65-212

v 667206

< 66,-208 é
006 N 66,-2/0

Curve from figure 2
.004 \\_
q
002 a4
4 ® W
0 —Q
</2 -08 <04 0 .04
MMy

21




22 . . NACA TH 2825

.0/14

/»
NACA
_airfoil section 7{
o 23009 /
.0/0 o 23012
<o 23015 /

.006

Alcqq/p,) .008 ‘[
Curve from figure Z\ﬂl

004

002 -
[0}
-J/

N (

a / W

0 L o

-.08 -04 (/) .04
M-M;

Figure 4.— Correlation of pressure-drag coefficient for
several NACA 230-series airfoil sections. Angle of
-attack, -2°.




NACA TN 2825 ‘ a3

7
012 2
NACA fv
airfoil section K
o 64,~206
.0l0 0 64-208 e
O 64-21/0 /f
o 64-212 z
v 65,-208
< 65,-212
4 66,-206 =
Al 66,-208 J
Alcya/p,) 4
006 N 66,-2/0
.004 ;T
3
v
.002
.
0 Z 1
=12 -.08 ~.04 o 04
M—M,

Figure 5.- Correlation of pressure-drag coefficient for several
NACA 6-series airfoil sections. Angle of attack, O°.




ou : " NACA TN 2825

NAGA  pofarence >
2 airfoil section
e 0006 4 A
%/ 0009 4 /
00/2 4
Aley9/R) 0015 4 7&“
-0/ oo/5 5 5/
I 0018 4 | S
icA
o -/ 0 ./ -/ 7] J
M-M, M-M,
(a) @, 2° ) a, 4°

Figure 6.— Correlation of pressure-drag coefficient for several NACA
O0XX airfoil sections at various angles of attack.

NACA
airfoil section
64,-206

64,-208 o]
64,-2/0 ar
64-2/2 ab |4
02 . : 65,-206 ?xﬁ o
S 65,~208
65-2/0
65-2/2

66,-206 ¥ |
66,-208 —-J;pf
66,-2/0 .
F
e
0

03

A(cdq/po}

.0/
66,~212

J =/
M- Mk M- M‘

- (a)a, 2° (b)a, 4°

Figure 7.— Correlation of pressure-drag coefficient for several NACA
6-~series airfoil sections af various angles of attack.



NACA TN 2825 25

a3
, ] NACA .

02 airfoll section o

‘ % o 23009 A a

Aleyq/p,) 37 o gggg LP
o
.0/ 7 - 7
-/ 0 A -/ o J
M-M‘ M-M’

@) a, 0° b) a, 2°

.03
\ 3
(@]

.08 - r

A{Cd q/p,/ - 2l

IS dERERTaNE =

-/ 17} J -/ 0 N,
M-M, M- M,
)a, 4° (d) @, 6°

Figure 8.~ Correlation of pressure-drag coefficient for several NAGA
230~ series airfoil sections at various angles of attack.




26

NACA TN 2825

/
1-M€
10 L2 L4 1.6
.8 I IA r 1
NACA airfoil section
< 008
- 0006 ]
=,
S, 0009. |\ /é
S 00/2 | —
\ -—— =TT~
Q = ~<
Q /— —
Q — N
PE=EVEI
~'°~ ‘ 00/5;/‘ RN
3 00/8 \
3 \\
s 2
3 \
2
“»
o
0O 4.5 6 7 75 .8
Free -stream Mach number, M

Figure 9.— Variation with free-stream Mach
number of section normal-force coefficient
for several NACA 00XX airfoil sections
al 4° angle of attack.



NACA TN 2825

-8 T
Upper surface
[} 5 J—--- sf

v %— —= p—
§§ . 6 = £z’ '1/ /
& B s

-~ - - r
‘2 /?J - ,/ /
o R // NAGA
S | airfoil section
3 =

3 A —————— 0006

S 0009
< D e 0012
s 2 0015

S —--— o018

e

S = ,
S \ T
8 — ~—

* 0 Y | ~]

© B B o ! IS ~
§ I e S
I~ v "\‘! ~

v \"\ ~ ~

] > ~<

5 ks AN ~
S T N .
- cr d
3 NN

| \ \

| 8 N N
L) N\

S -4 —
S Lowsr surface \

-6
o 4 .5 .6 7 75 .8
Free-stream Mach number, M

Figure /0.~ Variation with free-stream Mach
number of upper- and lower-surface normal-
force coefficients for several NACA 00XX
airfoil sections at 4° angle of attack.




n
Q

” Cn’

A

T
r
sf}r;.ﬁtg.-
/'

Upper — surface normal—force coefficien, cp,
Q

S
S
S
3
JESh
é’_l_‘\a// S I "?_14 | .Md\,
DA |
. — S oy 7
o : z’%\*’\ﬁ e
. 4 S - 4 |
o ,/" i A |
> AEINS ‘~=
& =
&
=& N.g
o 4 5 6 7S 75 8 o 4.5 6 7 75 .8

free - gtream Moch number, M

Upper surfoce
{a) Airfoll section, NACA 00IS .

Flgure | 1.- Variation with free-stream Mach number of upper- ond lower-surface normal-

Free -sirsam Mach number, M
Lower surface  ~~NAAS

force coefficients for several 15 -percent-Ihick NACA airfoll seclions at scv'cral

angles of altack.

g2

¢gge ML VOVHE



5F

NACA TN 2825

] w \m\\

o

(N w...s 4.L_ N0 2%..‘4 A w
m Ar 7 _ .«NJ

\; T A -1-|
d .~ ~ ‘
~{ \I\
A ]
N
£

1

N Qo N A 5 f

ly, "¢ " . )
“ #8104 J302 8240 - DULIOY mvﬂb.\“shm. —-J9Mo7

TENRN

=\

&\w il /l I

e A
0@-I&IM4|MM.2 Q) mfo.,_ .__Qﬂmu
P . E

Q
~

. © ¥, N
Yo Jusroitye0o 82.404 - jowsou 8304405 J8ddpn

i
b [
:-—MIV..WJ
7m
3
q §
2
o 7
L
*§
Q
@

X
r’
Q&
7m 2
s & .m
S 3
g ©
Q8 Q
mw.
W |
®
v

>

Lower surfoce

(b} Airfoil section, NAcA 230!5.

Figure /.- Continued.

29




30

WACA TN 2825

\ 3
AEEINR
/ / L
- R EvARES S
»\ / \\M\ ):q \\MN "2 2
-~ \ {~]
AR T
A7 AN [
f 7 7 © § w )
B~ S
‘“‘ 44 I BT e
S [ A P ! I
0@6 ooy A n e e v 2 Y
‘mr L_ ! ) b ! F ©
NI o <
™ ° o T @ ] S
8y Yu9)01) 4000 82.10-JDWIOU 8IDJINS — JOMOT s
« 3
) S
VA LR T o:
X
v b /ya o S
4 \‘ W\\ r/// w/.. . M
\ ke , ng £
A P ] J N\ M W <
~-1+ K x / . ﬂ \ 3
N © m ”. = ]
unsd Ll
i o B S
lm.o /] 4 : w 1
B e e o S
®©
S S Q \; N SR 5
" isro14909 D240} — DU 83046~ J8THT &



